
NA SA TECHNICAL NOTE N A S A  TN D -  
2;j- - 

LOAN C O W :  RE7 

c2332 - 

-I 

0 
m 

2 
E 

CONTROL-SURFACE INTERACTION EFFECTS 
O N  DELTA-WING WINDWARD PRESSURES 
AT A MACH NUMBER OF 6.83 
AT HIGH ANGLES OF ATTACK 

by Luther Neul, Jlc., und Duuid E.  Fettermun 

Langley Reseurch Center 
Lungley Stution, Humpton, Vu. 

I "!> 

NATIONAL AERONAUTICS AND SPACE ADMINISTRATION WASHINGTON, D. C. 0 JUNE 1964 
, 



TECH LIBRARY KAFB, NM 

CONTROGSURFACE INTERACTION EFFECTS ON 

DELTA-WING WINDWARD PRESSURES AT A MACH NUMBER O F  6.83 

AT HIGH ANGLES O F  ATTACK 

By Luther  Neal,  Jr., and David E. Fe t t e rman  

Langley Research  Center  
Langley Station, Hampton, Va. 

NATIONAL AERONAUTICS AND SPACE ADMINISTRATION 
- _ _ _ _  - _ _ _ _ -  _ _ ~  - -_ 

For sale by the Office of TechniczSe%icesTDepartment of C o m m  
Washington, D.C. 20230 -- Price $1.25 



CONTROL-SWACE INTERACTION EFFECTS ON 

DELTA-WING WINDWARD PRESSURES AT A MACH NUMBER O F  6.83 

AT HIGH ANGLE3 OF ATTACK 

By Luther Neal, Jr., and David E. Fetterman 
Langley Research Center 

SUMMARY 

An experimental investigation has been conducted to determine the effects 
of nose incidence and trailing-edge-flap deflections on the windward pressure 
distribution over a TO0 sweep delta wing at a Mach number of 6.83. The study was 
conducted over an angle-of-attack range from 30° to goo with nose incidence of Oo 
to 20° and flap deflections of loo to -go0 at a Reynolds number of 0.6 X 10 6 , 
based on mean aerodynamic chord. 

Nose incidence produced large overexpansion effects on stations immediately 
behind the nose hinge line for the-lower angles of attack, but did not signif- 
icantly affect the pressure level over the rear portion of the wing. A similar 
overexpansion effect, produced by the middle panel, also occurred on negatively 
deflected flaps. 
below about TO0 and were not significantly affected by nose incidence. Large 
negative flap deflections caused a pressure reduction to occur ahead of the flap 
hinge line at the high angles of attack. Nose incidence had little effect on 
this flap-induced pressure reduction. 

These overexpansion effects were limited to angles of attack 

A region of separated flow, which was essentially two dimensional with nose 
incidence of Oo, existed ahead of the flap hinge line for a flap deflection of 
loo up to angles of attack of about 60°. Because of the unfavorable pressure 
gradient resulting from overexpansion effects on the middle panel, nose incidence 
increased the extent of the separated-flow region as well as introducing con- 
siderably more three-dimensionality within the region of flow separation. 
incidence also lowered the peak flap pressures which with nose incidence of Oo 
significantly exceeded the stagnation pressure behind a normal shock near an 
angle of attack of 50°. 

Nose 

INTRODUCTION 

Because of the interest in delta wings fo r  application to reentry vehicles 
capable of high-angle-of-attack reentry, a considerable amount of experimental 
data over a large angle-of-attack range has been published. (For example, see 



refs. 1 to 4.) 
primary effects of angle of attack and leading-edge configuration on the heat 
transfer and pressure distributions on flat-plate wings. 
tion, however, is available on the secondary effects induced by deflected control 
devices which are necessary to trim the vehicle. To obtain at least part of 
this information, an investigation of the windward pressures over a TO0 delta 
wing was initiated at the Langley 11-inch hypersonic tunnel at a Mach number 
of 6.83 over an angle-of-attack range from 30' to goo. 
and trailing-edge-flap deflections were investigated. 
and control results of this inveskigation are reported in reference 5. 
ent report presents an analysis of the pressure distributions. 

These investigations have been concentrated on determining the 

Little or no informa- 

Various nose incidences 
The integrated stability 

The pres- 
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pressure coefficient, 

root chord 

hinge line 

free-stream Mach number 

ratio of pressure on a surface behind an expansion to that on a surface 
without expansion at the same location and local angle of attack 

surface pressure 

free-stream pressure 

free-stream dynamic pressure 

distance along root chord measured from wing apex 

spanwise distance measured from wing center line 

angle of attack, angle between free-stream flow direction and 
plane of middle panel 

local surface angle of attack, a + 6f 

expansion angle, 6, - 6f 
flap deflection, positive with trailing edge down 

nose incidence, positive with nose up 

angle between wing center line and rays passing through wing apex 
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A 

angle between wing center  l i n e  and row of o r i f i c e s  p a r a l l e l  t o  leading 
edge, 20° 

leading- edge sweep angle 

A.PPARATrJS 

Wind Tunnel 

The t e s t s  w e r e  conducted i n  t h e  Langley 11-inch hypersonic tunnel i n  a two- 
dimensional invar nozzle which provided a Mach number of 6.83 a t  t h e  conditions 
of these tests. 

about 6 inches horizontally.  
t e s t  durations of about 80 seconds are possible. 
f o r  t he  duration of a tes t  run after t h e  f i r s t  10 seconds of operation i s  about 
1 percent. 
and fur ther  d e t a i l s  of t he  tunnel may be found i n  references 7 and 8. 

1 The core of uniform flow measures about 65 inches  v e r t i c a l l y  and 

Tunnel operation is  of the  intermit tent  type and 
The var ia t ion  i n  Mach number 

A ca l ibra t ion  of t he  invar nozzle can be obtained from reference 6 

Model and Model Support System 

The basic  dimensions of t he  model used i n  t h i s  invest igat ion are given i n  
f igure 1, and a photograph of t he  model and model support s t r u t  a r e  shown i n  
f igure  2. The model w a s  constructed of s t e e l  and consisted of a d e l t a  wing with 
leading-edge sweep of 700 with a square leading-edge section. Both the  nose sec- 
t i o n  (16 percent of t he  t o t a l  planform area) and the  trail ing-edge f l a p  (36 per- 
cent of t he  t o t a l  planform area) were def lectable .  
ponents a t  the  hinges w a s  about 0.005 inch. The upper and lower surfaces of the  
wing were ground p a r a l l e l  t o  f a c i l i t a t e  s e t t i ng  of the  nose incidence and f l a p  
def lect ion by means of s t e e l  angle braces ( f ig .  2) which were fastened t o  the  
upper surface of the  wing. 

The clearance between the com- 

The model support s t i n g  w a s  attached t o  the  tunnel angle-of-attack sector  
which rotated t h e  model about a f ixed point i n  the  center of t he  t es t  sect ion 
over a pitch-angle range of 35O.  
arm, which i s  shown i n  f igure  2 and which allowed i n i t i a l  angle-of-attack 
se t t i ngs  of 30°, 600, and 90°, permitted any angle of a t tack  between 30° and 90° 
t o  be obtained. 

This capabili ty,  i n  combination with the  o f f s e t  

INSTRUMENTATION 

The model w a s  equipped with 34 pressure o r i f i c e s  in s t a l l ed  a t  t h e  locat ions 
shown i n  f igure  1 on t h e  lower wing surface. These o r i f i c e s  were arranged i n  
10 longi tudinal  s t a t ions  along three  radial l i n e s  or ig ina t ing  a t  the  wing vertex 
( E  = Oo, loo, 150) and one row 0.04 inch from andipara l le l  t o  the  wing leading ' 

edge ( E '  = 20'). 
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Because of the thinness of the model, it was impractical to conceal inside 
the model the pressure tubing which connected the pressure orifice to the meas- 
uring instrument. Instead, a typical pressure orifice in the region away from 
the leading edges was formed from 0.040-inch-inside-diameter tubing which pro- 
jected through the upper wing surface and 18 inches into the support strut where 
it was connected to a 0.060-inch-inside-diameter tubing which formed the 
remainder of the pressure ducting system. A typical pressure orifice in the 
region near the leading edges was formed by drilling a 0.04O-inch hole into a 
0.040-inch-inside-diameter tubing installed in channels in the wing lower sur- 
face and covered with silver solder to form a smooth surface. These channels 
extended to the inner region of the wing where the 0.040-inch tubing was brought 
through the upper surface and routed as previously described. With this arrange- 
ment, the pressure tubes were shielded from the flow at all test angles of attack 
and thus were not expected to affect the pressures on the lower wing surface. 

The pressure leads from the orifices were ducted through the model support 
system to the outside of the tunnel where the pressures were measured on aneroid- 
type six-cell recording units, described in reference 7. These units, which 
convert the deflection of a diaphragm into a rotation of a small mirror 
reflecting a beam of light onto a moving film, provide a time history of the 
measured pressure. The accuracy of these units is +1/2 percent when the maximum 
capacity of the instruments is reached. 
ured pressures approached the maximum range of most of the instruments. However, 
at an angle of attack of 30°, the accuracy was about k2 percent on the main part 
of the wing and about +5 percent over the streamwise flap. The stagnation pres- 
sure was read from a Bourdon tube gage at an accuracy of about +1/2 percent. 

At angles of attack near 90° the meas- 

TESTS 

The tests were carried out at a stagnation pressure of 19 atmospheres, a 
corresponding Mach number of 6.83, and a stagnation temperature of 1,137' R. 
These test conditions resulted in a Reynolds number, based on mean aerodynamic 
chord, of 0.60 X lo6. 
air liquefaction in the test section. Water condensation effects were eliminated 
by keeping the absolute humidity of the air less than 1.87 X 10-5 pounds of water 
per pound of dry air for all tests. 

The high stagnation temperature was necessary to avoid 

The model angle of attack was varied from 30° to 90' at nose incidence 
settings of Oo, loo, and 20° and trailing-edge flap deflections from loo to -30°. 
Flap deflections of -50°, -TO0, and -goo were also investigated at angles of 
attack above 65O. 
of-attack range was traversed at constant flap deflection. Three angles of 
attack were obtained during each run. Because of the short r u n  duration, this 
procedure allowed about 20 seconds per angle of attack for the pressure instru- 
ments to reach equilibrium. Examination of the pressure records revealed that, 
in most cases, the pressure cells stabilized within 5 seconds after an angle-of- 
attack change; however, for streamwise or near-streamwise flap deflections, the 
pressure equilibrium time was somewhat longer and, in a very few cases, the pres- 
sures were still changing slightly at 20 seconds. 

The flap deflection was set prior to each mn and the angle- 

To minimize the effects of 
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these few nonequilibrium cases, the values of the recorded pressures, used for 
data-reduction purposes, were selected at the end of the period of constant 
angle of attack. As a result of these separate periods of data reduction and 
the slight Mach number variation with time, quoted previously, the dynamic pres- 
sure uncertainty in the data is 22 percent. 

Schlieren photographs of the model were taken simultaneously with the pres- 
These photographs were used to measure the angles of attack sure distributions. 

by means of an optical comparator. By this method, the angles of-attack were 
obtained to within +0.20°. 
braces allowed nose incidence and flap deflections to be set within +O.lOo. 

Measurements of the model indicated that the angle 

The gap at the hinges was unsealed for most of the tests; however, to deter- 
mine the magnitude and nature of gap effects, representative runs were made with 
the gap sealed. The results of these tests indicated no measurable effects of 
the gap. 

RESULTS AND DISCUSSION 

Flow Visualization 

Schlieren ~. _ _  photographs.- Schlieren photographs of the model at various 
angles of attackare shown in figure 3 for representative nose incidences and 
flap deflections. For the basic wing (h = Ef = Oo),  the photographs in fig- 
ure 3(a) and additional ones for intermediate angles of attack (not presented) 
show that the bow shock is straight, as is shown for 
attack of 55O. At a =  590, however, slight curvature of the bow shock has 
occurred, and the curvature becomes more pronounced at higher angles of attack. 

a = 30°, up to an angle of 

This bow-shock curvature may indicate that subsonic flow now exists over the 
wing. The fact that the local flow over the wing becomes subsonic at the angle 
of attack for the onset of shock curvature can be inferred from the behavior of 
the shock waves produced near the flap hinge line by the positively deflected 
flap (6n = Oo, 6f = loo; fig. 3(b) ) . At a = 40°, where local supersonic flow 
exists, an oblique shock is shown, and as the local surface Mach number decreases 
with increasing angle of attack a normal shock is approached at 
Between 
evident at a = 600. Reference 2 indicates that initial bow-shock curvature 
occurs at an angle of attack equal to the semicone angle for shock detachment 
which, for the Mach number of these tests, is about 56O and which agrees with 
the present results. 

a = 5 5 O .  
a = 550 and 600, the local flow becomes subsonic since no flap shock is 

The flap shock at a = 40° for Ef = 10' (fig. 3(b)) appears to originate 
at the hinge line. However, it is actually the shock from the boundary-layer 
reattachment point on the flap inasmuch as a region of separated flow existed 
ahead of the flap for angles of attack up to about 60° for all nose incidences. 
Unfortunately, this flow separation is not readily seen in figure 3(b), but its 
presence is confirmed by the results of oil-flow visualization tests which will 
be presented subsequently. At a = 50° the shock near the hinge line starts 
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moving forward, and at a = 5 5 O  the normal shock has.moved considerably ahead 
of the hinge line. (See fig. 3(b). ) This peculiar behavior at angles of attack 
near and above 50° is not thoroughly understood; however, it probably results 
from a combination of near-sonic local velocities and the presence of separated 
flow over the hinge line. 

Nose incidence changes the shape of the bow shock ahead of the middle panel 
considerably at the lower angles of attack and also appears to reduce the 
strength of the normal hinge-line shocks at angles of attack near and above 50° 
for the positive flap deflection. However, above a = 60°, the effect of nose 
incidence on the shock patterns over the wing is small. Appreciable effects of 
negative flap deflections (fig. 3(c)) on the shock pattern ahead of the flap 
hinge line are limited to the high angle-of-attack regions where increases in 
shock curvature result. 

Surface oil-flow studies.- Oil-flow patterns are shown in figures 4 and 5 

These patterns were obtained by applying a mixture of oil and lamp 
for various nose incidences and flap deflections at representative angles of 
attack. 
black in discrete dots over the wing and exposing the model to the flow. 

The model used for these tests differed somewhat from the pressure model 
previously described, in that the leading edge was about half as thick and was 
slightly rounded and the nose and flap components were not hinged. 
nose incidences and flap deflections were obtained by simply bending those por- 
tions of the model. The effect of the leading-edge differences on the resulting 
surface flows, at the angles of attack and most of the flap deflections consid- 
ered here, is believed to be negligible for most cases. However, where the flap 
is near streamwise ( a  = 300, 6f = -30°; fig. 5(c)) the flow patterns over small 
regions near the flap tip may be somewhat affected. Through repeated bendings 
of the nose and flap components, slight surface concavities were formed at the 
nose and flap hinge lines and are clearly evident in figure 5. The depth of 
these concavities, however, was slight and, by comparing the photographs at 
a = 30° and 60° in figure 5(a) with similar ones in figure 4 where no con- 
cavities exist, it is seen that their presence had a negligible effect on the 
surface flow patterns. 

Instead, 

For the undeflected wing (fig. k ) ,  the surface flow is essentially stream- 
but becomes radial at or before wise over most of the wing at 

At 
leading edge. This region of outflow increases in size with angle of attack 
until, at angles of attack of about 60° and higher, the entire wing is affected. 
At the extreme angles of attack (for example, 
has moved rearward from the apex. The rearward movement of the stagnation point 
continues with increasing angle of attack until, at a = 90°, the region of low 
shear appears to cover a large central portion of the wing. 

a = TO0 a = 40°. 
a = 30°, a slight outflow can be noted in very small regions near the 

a = TO0),  the stagnation point 

This behavior of the surface flow patterns at the various angles of attack 
is almost the same as that on wings having larger and smaller leading-edge thick- 
nesses (see refs. 1 and 3) and indicates the relative insignificance of leading- 
edge geometry on the surface flow characteristics at these angles of attack. An 
inviscid-flow theory for predicting the surface flow angles is included in 
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reference 1, but the theoretical values are significantly less than the experi- 
mental values over most of the angle-of-attack range. At a = goo, however, the 
disk-transformation method proposed in reference 9 adequately predicts the sur- 
face flow. The results of this method are compared with the experimental results 
of the present investigation in reference 9. 

The eff5cts of nose incidence alone are shown in figure 5(a) for three 
angles of attack. 
motes an inward flow tendency on the rearward portion of the model;.this tendency 
becomes quite large for the model with nose deflection of 20°. 
suggests the presence of a negative pressure gradient toward the center of the 
wing, the existence of which is borne out in the experimental pressure data to 
be presented in a subsequent section. At an angle of attack of 600, the effects 
of increasing nose incidence are small, being limited mainly to small increases 
in the outward-flow angle near the leading edges. At an angle of attack of goo, 
the deflected nose caused the nose hinge line to behave somewhat like an edge of 
the wing, thus providing a relieving effect which reduces the stagnation region 
over the central portion of the wing. 

At an angle of attack of 30°, increasing nose incidence pro- 

This inward flow 

The most obvious effects of flap def1ectio.n is the separated-flow region 
(fig. 5(b)) for angles of attack up to formed ahead of the flap at 

about 600. 
dimensional except near the leading edges where relieving effects reduce the 
extent of separation. Nose incidence, however, apparently introduces consider- 
ably =ore three-dimensionality within the separated-flow region in addition to 
increasing the extent of the separated-flow region in the central 'portion of the 

Sf = loo 
For a nose incidence of Oo, the region appears to be essentially two 

wing. 

In general, negative flap deflection (fig. 5(c)) does not appreciably affect 
the surface flow patterns over the forward portion of the model at angles of 
attack up to about 600. 
for large negative flap deflection reduce the stagnation area in a manner similar 
to that observed near the nose hinge line for large nose incidence. Over the 
negatively deflected flap, the flow patterns are similar to those occurring over 
an undeflected wing at the same local angle of attack, except when nose incidence 
is employed, in which case inward-flow tendencies result at the lower angle of 
attack. 

At a = goo, relieving effects near the flap hinge line 

Pressure Distributions 

A complete presentation of the large amount of local pressure data taken to 
obtain the integrated stability and control results presented in reference 5 
would result in an unnecessary repetition of local pressure trends. 
these trends can be shown by considering only representative portions of the data 
at certain angles of attack and control deflections. 

Instead, 

Basic delta win&- The pressure distributions for the basic delta wing 
(6, = Sf = 00) are shown in figure 6 for various angles of attack. Except near 
the nose and trailing edge of the wing, the center-line pressure coefficient is 
essentially constant for the lower angles of attack when the local flow field is 
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supersonic (a = 30' to 550). 
negative pressure gradient exists along the wing, except at a = go0, and severe 
pressure bleedoff occurs near the trailing edge. At a = go0, because of the 
rearward movement of the stagnation point, extreme bleedoff in pressure occurs 
near both the apex and the trailing edge. The spanwise distributions indicate 
a relatively constant distribution at the lower angles of attack (a*= 30° to 40°) 
except for slight increases .near the leading edge at 
of attack, pressure reductions occur near the leading edges but, even up to 
a = 60°, the ,spanwise pressure is essentially constant over most of the wing. 

When the local flow f ieid is subsonic, however, a 

a = 30°. At higher angles 

The variation of the pressure coefficient with angle of attack for various 
stations is shown more clearly in figure 7. 

a = 5 5 O .  

x/c 
constant pressure along a given ray after the local flow becomes subsonic is 
quite apparent above Although a pressure gradient now exists over most 
of the wing, the most striking effect of the onset of subsonic flow is the sudden 
and severe pressure bleedoff near the trailing edge. This pressure bleedoff 
results in the forward center-of-pressure movement and unstable pitch tendencies 
shown for this wing in reference 5. The rearward movement of the stagnation 
point above a = TO0 is indicated by the angle of attack for peak pressures at 
the various stations along the wing. 

The departure from essentially 

Wing with nose incidence.- Representative pressure distributions for the 
wing with nose incidence-3s shown in figure 8 for 
expected, a discontinuity in the pressure coefficients occurs across the nose 
hinge line. A s  seen from the center-line pressure distributions at the lower 
angles of attack, the discontinuity is quite large, but generally tends to 
decrease as the angle of attack increases. Nose incidence also causes signif- 
icant variations in the center-line pressure coefficient along the rest of the 
wing (x/c > 0.4) for angles of attack between about 3 5 O  and 5 5 O .  

S, = 20°. As would be 

The bleedoff in pressure near the leading and trailing edges of the wing 
(fig. 8) at the high angles of attack are similar to those shown for the unde- 
flected wing in figure 6. For a =  300, however, there appears to be more varia- 
tion in spanwise pressure coefficients for rearward stations than for the unde- 
flected wing. More discussion of the effects of nose incidence will be given in 
the section entitled "Interaction Effects." 

Wing with flap deflection.- The pressure distributions for S, = 10' and 
for a representative negativeflap deflection (6f = -30") are shown in fig- 
ures 9 and 10. For the flap deflection of loo (fig. 9 ) ,  as should be expected 
when the local flow is supersonic, there is a rapid rise in chordwise pressure 
over the flap hinge line for angles of attack up to about 5 5 O .  
sure rise occurs ahead of the hinge line as a result of the local flow separa- 
tion shown previously in the surface oil-flow patterns. 

The initial pres- 

It is also of interest to note that when the multiple shock system forms, 
as shown at a = 50' in figure 3(b), the reattachment flap pressure exceeds the 
stagnation pressure behind a normal shock (Cp = 1.82). This high local pressure 
at reattachment may result in high local heating in this region. (See ref. 10.) 
atreme pressure bleedoff at the trailing edge is seen to occur for angles of 
attack near 50°, with a resulting reduction of flap pitching-moment increments 
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for 6f = loo in this angle-of-attack range as noted in reference 5. The span- 
wise pressure distributions (fig. 9 )  are similar to those for the undeflected 
wing except at the lower angles of attack for x/c greater than 0.75. The 
erratic behavior of the spanwise pressure distribution at these stations is due 
to the extent and distribution of the separated-flow region shown in figure 5(b). 

The chordwise and spanwise pressure distributions over the negatively 
deflected flap (fig. 10) are essentially constant for angles of attack up to 
about 55O. Between a = 550 and TO0, a positive pressure gradient exists over 
the flap immediately behind the hinge line, similar to that which,occurred over 
the middle panel when the nose was deflected as shown in figure 8. For angles 
of attack above TO0, both the chordwise and spanwise pressure-bleedoff trends 
near the1 edges of the wing are similar to those for the undeflected wing as 
noted in figure 6. 

Wing with both nose incidences -and flap __ deflections.- The pressure dis- 
tributiogs for typicalcombinasions of nose incidence and flap deflection are 
presented in figure 11 (for 
S, = 20°, As would be expected, considerable pressure variation 
occurs along the wing; however, the behavior, in general, results from the super- 
position of the separate trends for a given nose incidence or flap deflection. 
Nevertheless, a few exceptions do occur, which will be pointed out in the next 
sect ion. 

6n = 20°, 6f = 100) and in figure 12 (for 
€if = -3OO) .  

Interaction Effects 

The previous general discussion indicated several areas in which signif- 
icant interactions between panels exist. As shown in reference 5, these inter- 
actions appreciably influence the force and moment characteristics of the wing. 

Effects . - . . . . ofnose -~ - incidence.- The effects of nose incidence on the pressure 
distribution for a = 350 and TO0, which are representative of the medium and 
extreme angles of attack, are shown in figure 13 for typical flap deflections. 
At u = TO0, for all flap deflections, nose incidence produces no significant 
changes in the chordwise or spanwise pressure distributions behind the nose 
hinge line (x/c > 0.4). However, for u =  35O, as seen from the chordwise pres- 
sure distributions, nose incidence produces a large overexpansion1 immediately 
behind the nose hinge line; the degree of overexpansion apparently increases 
with nose incidence. This overexpansion effect generally decreases with x/c, 
and with the flap undeflected (fig. l3(a)) the center-line pressures approach 
the basic-wing pressures near the trailing edge. 

Nose incidence effects on the flap local pressures are also seen to occur 
at a = 3 5 O  when the flap is deflected. With a negative flap deflection 

lThe term "overexpansion" as used herein refers to the condition wherein 
the local pressures on the surface behind an expansion are lower than those 
occurring at the same location on the undeflected wing at the same local angle 
of attack. 
higher local pressures result. 

Similarly the term "underexpansion" refers to the condition wherein 
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(fig. l3(b)) an underexpansion effect is seen in that the flap local pressures are 
increased slightly.* With a positive flap deflection (fig. 13( c)), however, 
because of the important influence of the separated-flow region (fig. 5(b)) and 
the multiple shock formations (fig. 3(b)), no particular pattern is evident. 

The spanwise pressure distributions in figure 13 indicate that the over- 
expansion effect immediately behind the nose hinge line (x/c = 0.45) exists over 
the complete span. However, at stations further downstream, a spanwise positive 
pressure gradient exists, indicating that overexpansion effects are confined to 
the middle po&ion of the wing. The higher pressure near the leading edge appar- 
ently tends to raise the lower pressure near the center line at the more rearward 
stations and thus produces the inward surface flow patterns shown previously in 
figure 5 for a = 300. 

The angle-of-attack range in which overexpansion effects were encountered 
is shown in figure 14. 
nearest the leading edge (E' = 200) at various chordwise stations. 
tion behind the nose hinge line (x/c = 0.45), the overexpansion at both rays 
phases out when the local flow over the main portion of the wing becomes subsonic 
(55O < a < 600). 
as seen for (fig. 14(a)), the overexpansion tends to phase out at lower 
angles of attack because of the chordwise pressure increases. 
attack at which the overexpansion effects disappear (for a given station) is 
apparently independent of the degree of nose incidence. 

Data are shown for the center line (E = 0') and the ray 
For the sta- 

At the more rearward stations (x/c = 0.65 and 0.85), however, 
Sf = Oo 

The angle of 

In addition to the overexpansion effect, nose incidence causes one addi- 
tional effect worthy of note. The extreme flap pressure rise at a = 50° which 
occurs at boundary-layer reattachment when Sn = Oo and Sf = loo (fig. 9 )  does 
not occur when S, = 20° (fig. 14(c)). This result further indicates that nose 
incidence tends to reduce the strength of the hinge-line normal shocks near 
a = 50° as seen previously in the schlieren photographs in figure 3(b). 

Effects of flap deflection.- Typical effects of flap deflection on the pres- 
sure distribution, with and without nose incidence, are shown in figure 15, again 
for the same two representative angles of attack. For Sn = 0' (fig. 15(a)), 
the negative flap deflection (Sf = -30°) has no measurable effect on the chord- 
wise or spanwise pressure ahead of the flap hinge line at the medium angle of 
attack (a = 35O). However, at a = TO0, there is a significant reduction in 
pressure ahead of the flap hinge line similar to that noted near the trailing 
edge of the undeflected wing in figure 6. 

Deflecting the flap positively results in a pressure increase on the middle 
portion of the wing in the vicinity of the flap hinge line (x/c = 0.75) for both 
angles of attack. 
ence of separated flow, as is the increase at 
higher pressure on the flap feeding forward in the local subsonic flow. 

This increase in pressure at a = TO0 is not due to the pres- 
a = 35O, but results from the 

2This effect of nose incidence is seemingly contrary to that noted in the 
preceding paragraph. However, both effects are theoretically possible as will 
be shown in a subsequent discussion on carryover effects on the flap. 
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With a nose incidence of 200 (fig. l5(b)), flap-deflection effects similar 
However, at a = 35O, to those noted in the preceding paragraphs are obtained. 

the positive flap deflection is seen to affect the pressure further forward on 
the wing because of the increase in extent of separated flow (see fig. 5(b)) due 
to nose incidence. This increase in separated flow with nose incidence is caused 
by the unfavorable pressure gradient which results from the nose induced over- 
expansion effect previously discussed. 

It should be noted that an overexpansion effect is also produced on the 
negatively deflected flaps at certain angles of attack. 
inferred by observing that the flap pressures immediately behind the flap hinge 
line at a = TO0, 6f = -30° are lower than those at a = 350, 6f = 0' 

(fig. 15) despite the fact that the local flap angle of attack is 5O higher for 

"his effect can be 

a = 70°, = -300. 

The effects of flap deflection on the pressure coefficients for two chord- 
and E '  = 20') are shown in figure 16 as a wise locations and two rays ( E  = 0' 

function of angle of attack for nose incidences of Oo and 20°. At the forward 
location (x/c = 0.55) no significant effects due to flap deflections are noted 
up to angles of attack of about 5 5 O  for either nose incidence. Above a = 55O, 
however, the pressure coefficients are slightly increased and decreased for the 
flap deflections of loo and -30°, respectively. 
(x/c = 0.75), the flap deflection of 10' increases the pressure coefficients con- 
siderably throughout the entire angle-of-attack range whereas the flap deflection 
of -30° significantly reduces them above 
below a = 55O. 

In front of the flap hinge line 

a = 5 5 O  but produces negligible effects 

Carryover effects on the flap.- At certain angles of attack, as mentioned 
previously, overexpan-sion effects exist on the middle panel as a result of nose 
incidence. On the flap, however, conditions were shown wherein the local pres- 
sures were reduced (overexpansion3) whereas for other conditions the local pres- 
sures were increased (underexpansion). From this behavior, then, it is evident 
that the use of local-angle-of-attack theories, analogous to tangent-wedge or 
Newtonian concepts, may be invalid in most cases for predicting the pressures, 
or integrated forces, on surfaces in expanded flow. The extent and magnitude of 
deviations from a local-angle-of-attack analysis of the flap pressure at the sta- 
tion immediately behind the flap hinge line are shown for negative flap deflec- 
tions in figure 17 for S, = Oo and 20° where Cp is plotted against the local 
angle of attack of the flap (a' = a + Sf). 
(A = 75O) from reference 9 at the same chordwise location are included to extend 
the data for 6f = Oo to lower angles of attack. By using the data for 6f = Oo 
as representative of the pressures existing on a surface without expansion, it 
is seen that flap overexpansion effects become significant at local angles of 

Data for an undeflected wing 

_ -  . _ _  - _ _  
3These overexpansion effects on the flap significantly reduced the stability 

at trim of the wing near the angle of attack for maximum lift coefficient (see 
ref. 5) whereas those on the middle panel had little effect on stability because 
of the shorter moment arm involved. 
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attack between about 20° and 60°, and the extent of overexpansion is relatively 
unaffected by nose incidence. Below a = 20° and above 60°, however, the data 
indicate that some underexpansion (higher pressure) is occurring and the effect 
is increased by nose incidence at local angles of attack below 20°. 

In order to gain some insight into these overexpansion or underexpansion 
effects, inviscid-flow calculations of the local pressures in the expanded 
regions of the model were &de. 
degrees of expansion 6e, various local angles of attack a', and various Mach 
numbers. Both two-dimensional shock theory and conical shock theory were used 
to determine the local conditions over the surface ahead of the expanded regions; 
then the flow was expanded two dimensionally. The resulting pressure was nor- 
malized by the corresponding pressure (predicted by either two-dimensional or 
conical shock theory) which occurs on a surface without expansion at the same 
local angle of attack. The pressure ratio so obtained is denoted P and is 
shown in figure 18 as a function of free-stream Mach number for various expan- 
sion angles and local angles of attack. 

These calculations were carried out for various 

For the two-dimensional shock analysis, at a local angle of attack of Oo, 
only an underexpansion effect (P > 1) is seen which increases rapidly with both 
expansion angle 6, and Mach number. As the local angle Of attack increases, 
however, the degree of underexpansion becomes smaller and P becomes less sen- 
sitive to changes in 6, and Mach number. In addition, a slight amount of over- 
expansion (P < 1) is seen for 6, = 100. 

For the conical shock analysis (fig. 18(b)) similar effects of 6, and 
Mach number on P are seen throughout the local angle-of-attack range. The 
degree of underexpansion, however, is reduced at the lower local angles of attack 
and significant regions of overexpansion are seen to occur throughout the local 
angle-of-attack and expansion-angle ranges. Because of the radial nature of the 
flow patterns seen in figure 4 and because the leading-edge shock is attached at 
the model vertex but detached at the leading edges, it is believed that the 
conical shock analysis is more representative of the experimental results pre- 
sented herein. 
sion, produced by nose incidence and/or flap deflection are therefore explainable 
and depend on the amount of expansion and the local angle of attack. Experi- 
mental values of 
S, = 6f = Oo 

sonably good agreement occurs with the conical shock results except at the lower 
local angles of attack where boundary-layer effects become important. 

The previously discussed regions of overexpansion or underexpan- 

P which were obtained by normalizing with the data for 
in figure 17 are also included in figure 18(b). In general, rea- 

CONCLUDING REMARK;S 

An experimental investigation has been conducted to determine the effects 
of nose incidence and trailing-edge flap deflections on the windward pressure 
distribution of a TO0 sweep delta wing at a Mach number of 6.83 and for an angle- 
of-attack range from 30' to go0. 
lowing remarks apply: 

From the results of the investigation the fol- 
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At angles of attack up to about 5 5 O ,  the pressure distributions were essen- 
tially constant over most of the wing when no controls were deflected. Immedi- 
ately after the onset of local subsonic flow over the wing (at angles of attack 
between 55O and 60°), a significant pressure bleedoff occurred near the wing 
trailing edge. At higher angles of attack, considerable pressure variation, both 
chordwise and spanwise, prevailed over the entire wing. 

Nose incidence produced large overexpansion effects on the middle panel 
below an angle of attack of 600; similar effects were introduced by the middle 
panel on negatively deflected flaps in the same general angle-of-attack range. 
At higher angles of attack, large negative flap deflections caused a pressure 
reduction ahead of the flap hinge line. This behavior was similar to the severe 
pressure bleedoff that occurred at the trailing edge of the undeflected delta 
wing. Nose incidence, however, had little effect on either the pressure bleedoff 
or the flap overexpansion effects. 

For a positive flap deflection of loo, the flow separated ahead of the flap 
hinge line for angles of attack up to about 60'. 
400, the separation region was essentially two dimensional for a nose incidence 
of Oo. Nose incidence introduced considerably more three-dimensionality within 
the separated-flow region as well as increasing the extent of the separation 
because of the unfavorable pressure gradient resulting from nose overexpansion 
effects on the middle panel. Nose incidence also lowered the peak flap pres- 
sures which with a nose incidence of Oo significantly exceeded the stagnation 
pressure behind a normal shock near an angle of attack of 50°. 

Below an angle of attack of 

Langley Research Center, 
National Aeronautics and Space Administration, 

Langley Station, Hampton, Va., February 12, 1964. 
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Figure 1.- Model dimensions and orifice locations. All dimensions are in inches. 



(a) Three-quarter front view. 

(b) Three-quarter rear view. 

Figure 2.- Photograph of model and model support strut. 
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(a) S, = oV. 

Figure 3.- Schlieren photographs of model. L-62-7045 
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a = 55.1O 
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(b) Sf = loo. 
# 

Figure 3.- Continued. 
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L62-7046 
(c) tif = -30~. 

Figure 3 . -  Concluded. 



L-64-378 Figure 4.- Surface flow patterns over basic wing. S, = 6f = 0'. 
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a 30' 

a = 60° 

a = 90' 

6, = loo 6, = 20° 0 6, = O  

(a) 6f = 0'. 

Figure 5. -  Effects of nose incidence on surface flow patterns. L-64-3'79 
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Figure 5.- Continued. L-64-380 
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(b) 6f = 10'. Concluded. 

Figure 5.- Continued. 
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a = 300 

a = 60' 

a = 90' 

6" = 100 6, = 200 
0 6, = 0 

(c) 6f = -30'. 

Figure 5.- Concluded. Lt-64-382 
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Figure 6.- Pressure distribution over wing. % = 6f = Oo. Tick marks on y/c scale denote leading edge. 
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Figure 7.- Variation of pressure coefficient with angle of attack at various locations. 
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Figure 8.- Pressure distribution over wing. S, = 20°; S, = 0'. Tick marks on y/c scale denote leading edge. 
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Figure 9.- Pressure distribution over wing. S, = 0'; 6f = 10'. Tick marks on y/c scale denote leading edge. 
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Figure 10.- Pressure distribution over wing. S, = Oo; tif = -30'. Tick marks on y/c scale denote leading edge. 
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Figure 11.- Pressure distribution over wing. S, = 20'; 6f = loo. Tick marks on y/c scale denote leading edge. 
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Figpre 13.- Effects of nose incidence on wing pressure distributions at two representative angles of attack. Tick marks on 
y/c scale denote leading edge. 
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Figure 14.- Effect of nose incidence on pressure at various locations as a function of angle of attack. 

35 



I 

f f i : .5-  

l i  

20 30 40 M 

;. 

, 

d& 

0.99; E 

70 I l l  80 20 EEl 30 40 

4 

i 1 

4 I 

I 

i 
M 

* 0.85; E' - 21 

l i l  

70 i i l  80 

(a) 6f = Oo. Concluded. 

Figure 14.- Continued. 
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Figure 14.- Continued. 
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Figure 15.- Effect of flap deflection on pressure distribution at two representative angles of 
attack. 
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Figure 16.- Effect of flap deflection on pressure at various locations as a function of angle of 

attack. 
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